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PREFACE

This report describes an experimental research program conducted by

the Calspan Corporation in order to investigate heat-flux distributions on a

high-pressure turbine stage.

The Calspan work is under the direction of Dr. Michael G. Dunn. This

program is funded by the United States Air Force Wright Aeronautical

Laboratories, Air Force Aero Propulsion Laboratories, Wright-Patterson Air

Force Base, Ohio and is under the technical direction of Mr. Allan Hause and

Lt Jeffery Holt. The work reported here was performed during the period

July 1979 to October 1980.

The author is indebted to P. R. Dodge, R. W. Vershure and T. C. Booth

of the Garrett Corporation for supplying the engine hardware and for many

helpful discussions regarding the stage operation. I am also indebted to

Allan Hause of the Aero Propulsion Laboratory, Air Force Wright Aeronautical

Laboratories, and to J. C. Erickson, Jr. of Calspan for many helpful

discussions during the course of this work.
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NOMENC LATURE

A stator inlet area

cs  stator mid-annular chord length

Cr rotor mid-annular chord length

H 0 total enthalpy0

Hw  wall enthalpy
w
M Mach number

m physical mass-flow rate

N physical rotor speedphy
Ncorr corrected rotor speed, N = Nphy/Tol$1"

corr ~corr h /S3

%Ncorr Ncorr fcorr design

4heat flux

P shock-tube reflected-shock pressure

PT total pressure

Re cr Reynolds number based on rotor midchord, (Vc r

Re)cs  Reynolds number based on stator midchord, kDVc s

T total temperature

-A dynamic viscosity evaluated at TO

defined on Fig. 12

defined on Fig. 12

V obtained from (r/A)

ix



SECTION I

INTRODUCTION

The ability to predict accurately the heat-flux distributions for

various engine components is an important consideration in gas turbine engine

design. Three recent workshops, [1-3] devoted to detailed discussions of the

state of the art of turbine heat-transfer predictive and/or experimental capa-

bility, indicate the necessity for improvement in these areas. In addition to

the work described in [1-3], several calculational techniques, e.g., Dodge [4],

Katsanis [S], Wu [6], Smith [7], Horlock and Perkins [8] and Booth [9], have

been developed. Dodge [10] has compared the results of his 3-D code to the

heat-flux distributions for the early stator-only data [11]. Good agreement

was demonstrated between his predictions and the experimental results.

Many different facilities are currently being used to perform turbine

related studies. These include the long run-time cascade facilities, such as

those used by Blair [12[, Graziani, et al. [13] and York [14], and the low speed

rotating rig of Dring [15]. Also included in the long run-time facility class

would be the new high pressure and temperature combustor and full stage turbine

test facility currently under development at NASA-Lewis as discussed by Stepka

[1]. Many other groups have used, and are still using, short-duration facilities

similar to that used in the present study. Louis [16, 17] has used thin-film

heat-transfer gages to obtain heat-flux measurements on turbine components with

a blow-down facility as the source of test gas. Jones, Schultz, et al. at

Oxford University [18-21] have also used the thin-film heat-transfer gage

techniques but with a light-piston technique as the supply of test gas. This

particular group has performed detailed aerodynamic measurements within their

test environment in order to establish the validity of the short-duration

technique.

All of the facilities and measurement techniques noted above have

applicability to turbine technology development, as there is not a single facility

that meets all of the needs of the turbine designer. The test apparatus used for

the present experiments provides an experimental capability fitting between the

well-known cascade-type facility and the full-scale engine facility.



This report describes heat-flux and pressure measurements that were

obtained using state of the art shock-tube technology and well established

transient-test techniques (thin-film gages and fast-response pressure trans-

ducers). These measurements were performed for a full turbine stage of the

AiResearch TFE 731-2 engine. This work is an extension of earlier measurements

reported in [11] and [221. These earlier results, obtained for a single stator

stage in the absence of a rotor, will be used extensively herein for comparison

purposes.

The shock-tunnel facility used provides a clean, tiniform, and well-

known gas-dynamic condition at the inlet to the stationary nozzle. The experi-

mental technique is not intended to duplicate every known parameter important to

turbine heat-transfer studies, but the flow conditions are sufficiently well

defined and enough parameters are duplicated so that the measured heat-flux

distributions can be used to validate and improve confidence in the accuracy

of full-stage design data and existing/advanced predictive techniques under

development. In addition, these experimental results have been utilized in the

placement of instrumentation for other on-going moasurement programs.
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SECTION II

EXPERIMENTAL APPARATUS

The experimental apparatus sketched in Figure 1 consists of an 0.20

meter (8-inch) i.d. helium-driven shock tube, consisting of a 12.19-meter

(40-foot) long driver tube and a 15.24-meter (50-foot) long driven tube, as a

short-duration source of high-temperature, high-pressure air, driving a

test-section device mounted near the exit of the primary shock-tunnel nozzle.

The receiver tank is initially evacuated to a pressure of approximately 5 torr

in order to minimize the starting air load on the turbine wheel and to improve

the flow establishment characteristics of the model. It was not possible to

reduce further the initial pressure in the receiver because of air leakage from

the slip-ring shaft seal. The combination of a large diameter driven tube and

very long driver tube accounts for the long test times (v-12 ms) obtained for

this work. The test-section device sketched in Figure 2 consists of a forward

transition section with a circular opening facing the supersonic primary

nozzle flow. The circular opening is followed by a complete 360 0-annular passage

containing the nozzle stator, the rotor, and the shroud as can be seen in Fig. 2.

The rotor-blade tip-to-shroud clearance at 0 rpm was constructed to be 5.1 x 10-4 _

meters (0.020-inches). Because the rotor will increase in diameter by about

2.0 x 10-4-meters (0.008-inches) during operation, the actual clearance when the

wheel is at full speed is on the order of 3.0 x 10 -4meters (0.012-inches). Whenever

possible, flight hardware which was supplied to Calspan by AiResearch was utilized

in constructing the model. In order to minimize the flow establishment time in

the test model, the approach previously [11] used for maintaining the cross-sectional

area constant from the model inlet to the stator nozzle inlet and the exit area

constant from the stator nozzle exit to the cylindrical section just upstream of the

orifice plate was used in this design. The orifice plate is used to set the mass-

flow rate through the device and thus to set the exit Mach number of the stator

nozzle. This particular stator vane is designed to operate with a subsonic exit

Mach number.

A photograph of one of the heat-transfer gages used in this work was

taken through a Leitz microscope and is shown in Figure 3. The technology used to

construct these gages has been well established for many years, as described

by Vidal [23]. The Pyrex insulating substrate for the metallic film is

3



9.7 x 10- 4 -meters (0.038-inches) in diameter by 7.1 x 10- 4-meters (0.028-
0

inches) thick. The thin-film gage is made of platinum (,-1000 A thick) and is

painted on the substrate in the form of a strip approximateJy 1.0 x 10-4-meters

(0.004-inches) wide by about 5.1 x 10- 4-meters (0.020-inches) long. The

response time of these heat-transfer elements is on the order of 10-8 sec (23].
0

A coating of magnesium fluoride (,- 1200 A thick) is vapor deposited over the

gage to protect against abrasion. These gages are very durable in a clean

environment, and a very low loss rate of gages was experienced during the

measurement program. A diamond drill was used to notch the substrate on each

side so as to permit the lead wires access to the thin film without shorting

as a result of contact with the metal nozzle. The gages are held in the turbine

components using an epoxy adhesive. They are installed under a microscope so

as to ensure that they are flush with the local surface contour to within less

than 1.3 x 10-5-meters (0.0005-inches).

The temperature vs time histories of the thin-film gages located on

the stator and the shroud were recorded directly on tape recorders with a

frequency response of 20 KHz. These data were then processed through a standard

analog heat-flux network (developed by Skinner 1241), and they also were analyzed

using a digital version of the heat-flux equation. The results of the two

analysis techniques are consistent, but the digital version allows retention

of the 20 KHz frequency response.

The temperature vs time histories obtained from the heat-transfer gages

located on the rotating airfoils are transferred to the previously mentioned tape

recorders by use of a slip-ring system. Each heat-transfer gage is a separate

circuit with the power supply for the entire array located in the tunnel control

room. During the experiments, a constant current of 1 milliampere was passed

through each gage (which has room temperature resistance on the order of S0 to

100-A-) via the slip rings. The resulting L2 R heating of the gage produced

less than 0.1% of the gage &T experienced during an experiment. The slip ring

was built by Poly Scientific Corporation but the assembly and associated cooling

system were purchased from CTL Dixie Corporation. The slip-ring contact noise

is on the order of 2 5 A volts compared to a heat-transfer gage output in the tens

of millivolt range. These rotor heat-flux data were processed in the manner

4



discussed above, but the tape recorder frequency response was not sufficient to

resolve the rotor-blade passage phenomena that were anticipated as the rotor

blades pass through the nozzle exit passages. This particular turbine has 78

rotor blades and 41 stator passages. In order to obtain these high-frequency

data, a four-channel Biomation Waveform recorder (Model 2805) with a maximum

frequency response of 1.2 MHz was used to obtain temperature vs time histories

from four selected gages. Two gages on the rotor and one each on the shroud

and nozzle end wall were sampled. The Waveform recorder was operated so as to

sample at 2 Asec intervals for these selected locations with typical passage

times through a stator wake being on the order of SO to 80,sec, depending on

rotor speed. A 2,*sec sampling rate provided many data points during a typical

blade passage.

As previously noted, this experimental program utilized a full turbine

stage with the stator nozzle, the shroud, and the rotor instrumented. Figures

4 and 5 are photographs of the instrumented stator nozzle end wall and airfoil.

This instrumented stator was previously used to obtain the results presented

in [11]. The stator contains approximately 58 heat-transfer gages at locations

discussed in detail in that reference. Figures 6 - 8 are photographs of the

heat-transfer gage instrumentation located in the rotor pressure surface

(12 gages), suction surface (7 gages), and tip (2 gages). Figure 9 is a

photograph of the heat-transfer gages and pressure transducers installed ii

the shroud.

Pressure transducers (PCB Model 112M and 113M) were installed in the

test model from the entrance section to the orifice plate in order to obtain

detailed data on the starting process and the stage performance. In addition,

three Kulite (XCR-080-300A) transducers were placed at the stator exit plane in

the tip end wall, and six more Kulite transducers were installed at selected axial

*The locations selected for placement of these gages were mutually agreed upon

by the AFAPL, Calspan and AiResearch. This particular stator has provision
for trailing-edge cooling, but cooling gas was not utilized for the experi-
ments discussed herein and the cooling slots were sealed.

5



locations in the shroud above the rotor. The Kulite transducers have a frequency

response on the order of 200 KHz and the PCB transducers have a frequency response

on the order of 250 KHz. The Kulites were also used to help determine flow es-

tablishment time in the rotor region and to obtain stage performance data for

comparison with the AiResearch steady-state rig data.

6
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SECTION III

EXPERIMENTAL RESULTS

Table 1 gives the experimental conditions at which heat-flux measure-

ments were performed. The following data were obtained for corrected speeds

(N = N ph/To/513) ranging from approximately 70% to 106% of design
corrected speed: 1) the shock-tube reflected-shock temperature and pressure,

T and Po; 2) the weight flow; 3) Mach number at the start of the forward

bullet nose; 4) the Mach number at the inlet to the stator nozzle/corresponding

total pressure; and 5) the stator-nozzle inlet Reynolds number based on stator

mid-chord, cs . The engine idle condition is 78% corrected speed at sea level.

As illustrated in Table 1, 16 separate experiments were performed. For

most of the experimental conditions, approximately 90 heat-flux measurements

were obtained. The different weight-flow rates were achieved'by changing the

model exit orifice plate shown in Figure 2. The different total temperatures

were obtained by changing shock-tube conditions.

Static pressure measurements were performed at several locations along

the model and in the stationary shroud in the proximity of the rotor passage.

These measurements allowed the determination of flow establishment time and the

pressure change across the stage. Figure 10 illustrates the character of the

model pressure histories obtained on the front portion of the inlet bullet nose,

on the bullet nose just upstream of the stator inlet (hub wall) and in the exit

section of the model. What appears to be noise on these pressure records is

presumed to be associated with the presence of the rotor. The same pressure

transducers were used at similar relative locations in the stator-only experi-

ments [221, and the pressure records have much less noise associated with them.

It should also be noted that the pressure record obtained using the transducer

located in the exit region is very similar to the corresponding record in the

earlier experiments [22]. The early portion of the pressure record demonstrated

a flow establishment time of approximately 5 to 7 milliseconds, consistent with

previous results [22] and with the estimated starting time calculated using one-

dimensional gas dynamics. The exit section pressure history was used in con-

junction with known aft section physical dimensions and the shock-tube reservoir

parameters in order to calculate the mass-flow rate at the orifice plate using

isentropic relationships.

7



The pressure change across the turbine stage was found to be in

agreement with the AiResearch rig-test results 3 over the entire speed range

studied here. AiResearch measures the ratio of total pressure at stator

entrance to total pressure at rotor exit to be equal to 1.45 for the 78% speed

point (ground idle). The value of this ratio measured during these experiments

was 1.46, which is within 1% of the steady-state rig data. Similar comparisons

made at other operating conditions were within 2 to 3%.

Figures 11(a) and (b) present typical data obtained using the shroud

pressure transducers for the stator exit pressure history and the pressure his-

tory near the rotor midchord. The flow establishment time within the stage is

seen to be approximately three or four milliseconds more than required for the

remainder of the model. The pressure fluctuations observed during the test time

were time resolved on a separate oscilloscope by using a delay generator on the

oscilloscope sweep.

Figure 12(a) includes the two time resolved shroud pressure histories

mentioned above for the rotor mid chord and the stator exit regions. The mid-

chord record shows a fluctuating pressure with a period approximately equal to

the blade passage time, suggesting that the structure of the pressure history

is a result of the rotor. The data shown on the lower trace of Figure 12(a) were

taken from a pressure transducer located at the stator exit in the tip end wall.

The magnitude of the pressure variation is of the same order as that observed

from the shroud transducer in the immediate vicinity of the rotor, but the period

is significantly different and the transition from pressure surface to suction

surface is not as well defined. The measurement obtained at the stator exit

suggests an upstream pressure influence at the tip end wall presumably

because the stator vane has a subsonic exit flow. It is important to note

that the magnitude of the pressure fluctuation -124 kPa (18 psi) is

consistent with results obtained at this condition by AiResearch for this

particular turbine. Similar agreement was achieved at other operating

conditions.

T.C. Booth, AiResearch Corporation, Phoenix, Arizona, private communication

to M. G. Dunn, October 1980.

8



A gallium arsenide infrared emitting diode and a silicon npn photo-

transistor array (referred to herein as a light emitting diode) were located just

behind the rotor which had the trailing edge of every 13th blade painted white.

The reflection from the white blade was so much greater than that from the ad-

joining unpainted blades that the LED could be used to provide a measure of the

rotor speed from which the rotor-blade period could be calculated. A typical LED

history is presented in Figure 12(b). The unpainted blades can be seen as sub-

structure on the record, but the white blades are obvious. For the case shown

in Figure 12(b), the average time between painted blades, C, , was approximately

415 sec. Since there are 78 blades on the rotor, and one obtains 6 pulses every

rotor revolution, the rotor speed can be shown to be equal to RPM = 10/r l V Knowing

the rotor speed and the total number of blades on the rotor, the time between

successive blade passages at a fixed point on the shroud, '6 , was calculated to

be approximately 32Asec for the case given in Figure 12(b).

The heat-flux data obtained in these experiments has been used to obtain

plots of Stanton number, St = 4A/m(Ho-Hw) , vs Reynolds number based on mid-

annular stator chord, t Vcs/A4. The Stanton number is obtained from the measured

heat flux, q , the stator inlet area, A , the mass flow rate, m , and the known

enthalpy difference, H -H . The Reynolds number is obtained by dividing the

mass-flow rate by the stator inlet area, A , to obtain the quantity e V , while
the mid-annular stator chord, c , is known, and the viscosity, U , can be

evaluated at the total enthalpy, H 0 The previous stator-only data [11]O

for the same stator stage have been cast in the same format for the purpose

of comparing those results with the full-stage results.

Figure 13 presents the data obtained for four specific gages on the

stator tip end wall, two near the entrance to the passage (gages #33 and #34)
and two further along in the channel (gages #45 and #46). The heat-flux gages

selected for comparison in this discussion were chosen to be representative

of the data. For comparison purposes, the previous stator-only data are

included on this figure and those that follow. With the exception of the

stator-only data of gage #33, the results obtained with or without the rotor

are in good agreement. The stator-only data for gage #33 is the only end wall

9
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gage that deviated significantly from the corresponding full-stage data. The

data presented on Figure 13 suggest that the end-wall Stanton number is independ-

ent of Reynolds number and corrected speed over the range of those parameters

investigated.

A similar plot is presented in Figure 14 for gages located near the

stator airfoil leading edge. The stator-only data of gages #5 and #3 are in

reasonably good agreement with the full-stage data, but the gage #19 stator-

only heat flux is lower. In general, the stator-only data obtained on the

suction surface near the leading edge from gage #19 towards the tip end wall

were consistent in that they were significantly lower than the full-stage data.

By comparison, the results for gages located closer to the hub end wall were

more consistent with the pressure surface result shown on Figure 14 in that the

stator-only data are within 15% of the full-stage results.

Data obtained for the aft portion of the airfoil are presented in

Figure 15 for both the suction and pressure surfaces. The suction surface

results suggest an increasing Stanton number with increasing Reynolds number,

perhaps indicating boundary-layer transition. A later plot (Figure 18) compares

the pressure surface and suction surface Stanton numbers as a function of chord

position. The pressure surface data appear to be independent of both Reynolds

number and corrected speed. The stator-only data were on the order of 20%

below the full-stage data.

The data presented in Figures 13-15 were also plotted as a function of

% corrected speed. The stator-tip end-wall data are given on Figure 16. These

results suggest that the end-wall heat-flux values at selected locations are

independent of rotor speed. With the exception of a single data point at 96%

corrected speed, essentially the same result is illustrated in Figure 17 for

the stator airfoil pressure surface. However, the data shown in Figure 17 for

the airfoil suction surface illustrate a somewhat different trend in that the

heat-flux increases with increasing corrected speed.

10



The data discussed above were also cast into a distribution of Stanton

number over the airfoil and the result is presented in Figure 18 and compared to

the stator-only result. Note that the Reynolds numbers for these two sets of

data are slightly different. The 70% corrected speed data were selected for

this comparison because of the comparable Reynolds numbers. The general shape

of the distribution is qualitatively the same for both the stator-only experi-

ments and the full-stage data, and is consistent with the distributions measured

for a rotor blade by Martin, et al. [25]. Evidence of boundary-layer transition

can be seen near the 25% chord position on the suction surface. Once again, the

stator-only data appear to indicate lower Stanton numbers than the corresponding

full-stage data.

Heat-flux results for the rotor shroud and tip are presented in Figure

19 and a typical raw data record for the shroud region is given in Figure 20.

The shroud region Stanton numbers are presented as a function of mid-annular

rotor chord position, % of cr . These data, which were obtained from approxi-

mately 22% to 90% of the rotor chord, suggest that the Stanton number is

relatively constant in the axial direction along the shroud. The results also

suggest that at a given location, the effect of rotor speed appears to be an

increase in the heat flux. However, it should be noted that at the higher speed,

the Reynolds numbers are also higher, so that what is observed is possibly a

Reynolds number effect. In addition, the tip data presented on Figure 19 indicate

that the tip heat-flux values are somewhat greater than the shroud values, and

also increase with increasing Reynolds numbers.

The shroud and tip regions were found to be the regions of highest

heat-flux in the turbine. For comparison purposes, one of the rotor suction

surface measurements is presented in Figure 21 and a typical rotor pressure

surface measurement is presented in Figure 22. The resulting Stanton numbers

for the blade surfaces are about 60% to 70% of the corresponding shroud value.

These figures include typical heat-flux history records obtained from the analog

network [24]. The fluctuations appearing on the heat-flux record of Figures 21

and 22 are indicative of the flow environment and gage noise. The heat-flux

measurements, for nominally the same flow conditions, are repeatable to within

approximately !5%. Note that the results presented in Figures 13 - 19 were

11



obtained at actual rotor speeds that were within +3% of the nominal rotor

speeds. The flow establishment time is noted on this record and is consistent

with the values shown on the earlier shroud region pressure histories.

As noted earlier, a Biomation waveform recorder was used to record

high frequency response information (on the order of I megahertz) for selected

portions of the turbine stage. A heat-flux analog of comparable frequency

response was not available. Therefore, the recorder was used to record the

temperature-time histories of these selected heat-flux gages. A typical example

of the results obtained for a gage on the stator tip end wall near the rotor

face and for a gage located on the rotor suction surface are shown in Figure

23(a) and (b). For this particular experiment, the rotor passage time through

a stator wake was on the order of 73,Asec and the gage output was sampled every

2,A sec. Figure 23(a) suggests a large spike in heat-flux at the stator end wall

gage that corresponds to the frequency of rotor passage through the stator wake.

Figure 23 (b) illustrates a minimal influence of the stator wake on the rotor

blade temperature history.

12
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SECTION IV

CONCLUSIONS

Detailed heat-flux and pressure data have been obtained for the full-

stage AiResearch TFE 731-2 turbine using state of the art shock-tube technology

and transient-test techniques. The stage pressure data obtained in these ex-

periments were found to be in good agreement with the steady-stage rig data

obtained by AiResearch for this turbine. Comparisons are presented between the

previous Calspan experiment with the TFE 731-2 stator-stage only and the current

full-stage data. The stator end-wall Stanton number appears to be independent

of stator-stage only or full-stage configuration, Reynolds number and corrected

speed. The full-stage stator airfoil data demonstrate a significant influence

of the presence of the rotor at comparable Reynolds numbers, suggesting that

caution should be exercised when applying stator-only results to full-stage

predictions. For this turbine, the stator-only Stanton numbers for the stator

airfoil are shown to be approximately 20% less than the corresponding full-

stage results. The shroud heat flux was found to be independent of rotor

chord position, but increased with increasing Reynolds number. The tip heat

flux was found to be somewhat greater than the shroud heat flux and it also

increased with Reynolds number.

13
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TABLE 1

EXPERIMENTAL CONDITIONS FOR HEAT-TRANSFER MEASUREMENTS

(Shock M) P ) M)

Tube) Start of Slator Stator R E)
RUN T o phy corr Bullet fn Inlet Inlet s
No. OR psia rpm - Nose lb/sec psia -

1 2970 1980 20,000 68 0.15 21.4 181 0.15 1.67xi0 5

2 2970 1960 20,000 68 0.15 21.4 179 0.15 1.67xi05

3 2970 1960 20,000 68 0.14 20.6 183 0.14 1.61x10 5

4 2580 1650 20,000 73 0.16 20.2 159 0.15 1.72xi0 5

5 2600 1690 20,800 76 0.16 19.7 155 0.15 l.66xi0 5

6 2710 1820 21,740 78 0.15 19.7 166 0.14 1.62x105

7 1370 1130 21,140 106 0.16 19.3 103 0.16 2.76x10 5

8 1600 1650 22,730 106 0.16 26.1 153 0.16 2.96x105

9 1600 1640 26,320 122 0.16 25.9 153 0.16 2.94x10 5

10 1620 1660 22,220 103 0.16 24.6 150 0.15 2.77x10 5

11 1620 1650 20,830 96 0.18 27.6 152 0.17 3.11x10 5

12 1620 1670 22,220 103 0.17 27.1 153 0.16 3.05x10 5

13 2620 1700 21,280 77 0.19 23.2 159 0.17 1.94x10 5

14 2620 1700 24,100 88 0.18 22.8 162 0.17 1.91x10 5

15 1620 1660 0 0 - 29.7 149 0.19 3.34x10 5

16 1600 1620 0 0 0.18 27.5 145 0.18 3.17x10 5
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Caispan Corporati

Figure 4 PHOTOGRAPH OF STATOR NOZZLE INLET



Figure 5 PHOTOGRAPH OF STATOR NOZ-ZLE END WALL
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Figure 8 HEAT-TRANSFER GAGES IN ROTOR AIRFOIL TIP
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KULITE PRESSURE TRANSDUCERS

THIN-FILM H4EAT-FLUX GAGES ~

Figure 9 PHOTOGRAPH OF SHROUD HEAT-FLUX GAGES AND PRESSURE
TRANSDUCER LOCATIONS
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